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Preliminary Design of Aircraft Structures to Meet Structural
Integrity Requirements

J. C. Ekvall,* T. R. Brussat,t
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and
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A sample preliminary design analysis is presented illustrating the systematic use of fracture me-
chanics analysis procedures for sizing aircraft structure to be durable and damage tolerant. A set of
damage tolerance design criteria are stipulated, which augment the traditional static and fatigue
requirements, to minimize the occurrence of major structural failures in service due to the growth of
undetected flaws or cracks. These structural integrity requirements are imposed in a preliminary
design analysis for the lower wing surface of a typical tighter/attack aircraft, and the impact of the
damage tolerance criteria on design stress and weight is evaluated.

Introduction

RECENT experiences of catastrophic failure on first line
military aircraft have focused attention on the engineering
criteria used to design and qualify aircraft structures.
Generally these catastrophic failures initiated at small
cracks in the structure that were not detected by produc-
tion or in-service inspections. As a result of these experi-
ences the Air Force has been developing new design crite-
ria which will reduce the number of major structural fail-
ures due to the presence of undetected damage. To meet
these new design criteria the structure must be sized to
provide a sufficient subcritical crack growth period and
residual strength so that cracks can be detected before
reaching a critical size. To properly evaluate preliminary
design tradeoffs, structure must be sized to meet these
new design criteria as well as fatigue and static strength
requirements.

A design study of the lower wing surface of a fighter/
attack aircraft was conducted to illustrate how damage tol-
erance criteria can be considered in preliminary design.
The preliminary design procedure utilized in this study is
illustrated in Fig. 1. A complete set of design criteria was
specified as a basis for the design study. First, baseline
designs were developed for three structural configurations
made from two materials to meet static strength require-
ments. Those designs not meeting the fatigue requirements
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were then resized to a maximum allowable design tension
stress based on the results of fatigue analysis. Using frac-
ture mechanics analysis methodology, the final design
stress allowables and structural weights were established
to meet the damage tolerance requirements. The mini-
mum weight design was then selected which met all the
design requirements.

Design Problem

Structure

The wing structure considered is applicable for an ap-
proximately 60,000 Ib gross weight, high performance
fighter/attack aircraft. Typical characteristics for the air-
craft selected for this study are given in Table 1. Based on
the weight distribution for similar aircraft, the lower wing
surface was allocated a target weight of 1480 Ib.

The basic structure considered in this study was a
multispar wing box with various types of lower skin sur-
faces. The number of spars was selected to provide the
lowest weight within strength and stability constraints
using three types of skin surfaces; unstiffened skin, inte-
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Fig. 1 Flow diagram of preliminary design process to meet
structural integrity requirements.
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Table 1 Typical fighter/attack aircraft characteristics
AIRCRAFT AND WING CHARACTERISTICS

TAKEOFF GROSS WEIGHT (LB)
DESIGN GROSS WEIGHT (LB)
GROSS AREA OF WING (FT2)
ULTIMATE DESIGN LOAD FACTOR
ASPECT RATIO
THICKNESS TO CHORD RATIO AT THE ROOT OF WING (%)
THICKNESS TO CHORD RATIO AT THE TIP OF WING {%)
SWEEP ANGLE AT 25% OF THE CHORD (DEGREES)
TAPER RATIO (TIP CHORD DIVIDED BY ROOT CHORD)

58,000
52300

725
11.00

4.0
6
6

35
0.25

WING WEIGHT (LB)
UPPER SURFACES, INCLUDING JOINTS AND FASTENERS
LOWER SURFACES. INCLUDING JOINTS AND FASTENERS
BEAM WEBS, INCLUDING JOINTS AND FASTENERS
RIBS
LEADING AND TRAILING EDGES
FAIRINGS AND ACCESS DOORS
AILERONS
LEADING AND TRAILING EDGE FLAPS
SPOILERS

TOTAL:

2,000
1,480

800
750
450
300
170
800
100

6,850

grally-stiffened skin, and zee-stiffened skin. Also the use
of both single and multiple-planked skin surfaces was
evaluated for the unstiffened skin configuration.

Criteria

Example damage tolerance design criteria selected for
this study are given in Table 2. The design must satisfy a
fatigue requirement, a durability requirement, and at
least one of three alternative structural integrity require-
ments.

The fatigue and durability requirements relate to the
proper choice of material and stress levels, and to the
damage that might be present in the delivered aircraft.
The intention is to ensure that the basic material resis-
tance to crack initiation and crack growth will be ade-
quate for the chosen stress levels to prevent large numbers
of cracks and the necessity of numerous expensive repairs
during the lifetime of the aircraft. Specific design details
of a particular configuration are not considered.

The purpose of the structural integrity requirements is
to ensure the detection and repair of cracks before they
can propagate catastrophically. The three alternative cri-
teria reflect three possible means of crack detection. With
careful and numerous inspections conducted during man-
ufacture, it is possible to find extremely small cracks in
areas that may be impossible to inspect after assembly.
Parts in which flaws or cracks are detected can be reject-
ed or repaired. During service thorough periodic inspec-
tions are performed, of the order of four times per life-
time, on critical structure with some structure disassem-
bled. If these periodic inspections are done visually for

Table 2 Example damage tolerance and fatigue design
criteria

REQUIREMENT

1. FATIGUE

2. DURABILITY

3. STRUCTURAL
INTEGRITY
SATISFY ONE
OF THE
FOLLOWING

3a NON-
INSPECTABLE

3b.NDI IN-SERVICE
INSPECTABLE

3c. WALK-AROUND
INSPECTABLE [

INTITAL
CRACK
(DAMAGE)
SIZE

NONE

.25 INCH (1)

.050 INCH (1)

(1)
3-4 INCHES

8-10 INCHES

REQUIRED
LIFE OR
STRENGTH

4 LIFETIMES

2 LIFETIMES

2 LIFETIMES
1 INSPECTION
PERIOD
SUPPORT
MOTE (3) LOAD

SERVICE
USAGE

AVG.

AVG.

AVG.

SEVERE

FINAL
CRACK
SIZE

NO
DETECTABLE
CRACKING

a<a<2J

a<acr

a<acr

THE INFLUENCE OF STRUCTURAL DETAILS ON CRACK GROWTH IS IGNORED FOR
THE DURABILITY REQUIREMENT BUT CONSIDERED FOR THE STRUCTURAL
INTEGRITY REQUIREMENTS.

acr = DAMAGE SIZE THAT WILL GROW CATASTROPHICALLY TO FAILURE FOR THE
MAXIMUM LOAD IN THE FATIGUE SPECTRUM.

THE ONCE PER 700-FLIGHT MAXIMUM LOAD, PLUS 10% OF CUT LOAD IF INITIAL
CRACK CORRESPONDS TO A BROKEN STRUCTURAL ELEMENT.

o
2 '
O 2
I-oc
LU>

SEVERE
MANEUVER
SPECTRUM

TYPICAL
MANEUVER ^
SPECTRUM "

GAG CYCLES

TAXI SPECTRUM
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Fig. 2 Fatigue loading spectra for fighter/attack aircraft.

large areas of structure, cracks as large as 3 to 4 in. in
length can be missed. Thirdly, before each flight the
maintenance and flight crews will perform walk-around
inspections of the visible areas of the aircraft. At this time
it is possible to miss cracks as large as 8 to 10 in. in
length. The rationale behind the specifics of the criteria
(that is, initial crack sizes, required lifetimes, etc.) is dis-
cussed in Ref. 1.

Design Loads

Design limit loads at the wing root station for this study
are as follows:

Shear load = 149,500 Ib
Torsional moment about 0.35c = -5.9 X 106 in.-lb
Bending moment = IQAx 106 in.-lb

These loads were developed for the wing weight and air-
craft characteristics given in Table 1.

Fatigue loading spectra applicable to the lower surface
of the wing are shown in Fig. 2. Two spectra were devel-
oped from available data for fighter/attack type aircraft
to represent typical usage and severe usage. For the fa-
tigue and crack-growth-for-durability analyses, a "mix"
spectrum consisting of 75% and 25% of the typical and se-
vere categories, respectively, was used to assure conserva-
tism. The continuous loading spectra were converted to
discrete load levels, each described in terms of a maxi-
mum and minimum load factor and number of occurren-
ces per 1000 hr. Minimum load factor was +1 for maneu-
ver loads and —1.5 for the ground-air-ground (GAG) cy-
cles; see Fig. 3. GAG cycles were defined in two different
ways. For fatigue analysis the GAG cycles were extra cy-
cles having the value that occurs once per flight as shown
on Fig. 2. For crack growth analysis the 1333 or 1530 high-
est positive loads to occur in 1000 hr for the typical and
severe spectra, respectively, were taken as the peaks of

5 6 7
LOAD CYCLE NUMBER

Fig. 3 Sample two-flight-long sequence of cyclic loads.
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Table 3 Properties of materials considered for application
study

MATERIAL
PROPERTIES

Ftu.ksi

Fty,ksi

E, 103ksi

G. 103ksi

F* fatigue' ksi

K|c ksi v^Tn.

K **. ksi v/7h.

K.scc**ksi^Tn-

K1Q-5, ksi vTn.

K1Q-6 ksi VTn.

w. lb./in.3

PROPERTY VALUES

D6AC
STEEL

220

198

29

11

-

88

-

22

22

13.5

.28

Ti6AL-4V

130

126

16

6.2

47

63.5

220

31

21.2

11

.16

7075-T76
ALUMINUM

69

58

10.3

3.9

20

35

85

35

16.1

7.8

.10

PROPERTY VALUES/DENSITY

D6AC
STEEL

786

707

104

39

-

314

-

79

79

48

1

Ti6AL-4V

813

788

100

39

294

397

1375

194

133

69

1

7075-T76
ALUMINUM

690

580

103

39

200

350

850

350

161

78

1

R = O, N = 30,000 cycles Kt = 4.0 for Aluminum and Kt = 5.0 for Titani

Maximum value with respect to thickness

Stress intensity at 0 to max. loading and crack growth
rates = lO"5 and 10'6 in./cycle

220

200

180

160

140

120

100

80

60

40

20

0

\
\
\
\ B-VALUE

Ti-6AL 4V ANNEALED

7075-T76

NOTES: 1. LONGITUDINAL GRAIN DIRECTION
2. LABORATORY AIR ENVIRONMENT

.02 .04 .06 .08 .10 .2 .4 .6 .8 1.0

FINISHED THICKNESS (AFTER MACHINING). INCHES

Fig. 4 Fracture toughness properties of Ti-6Al-4V and 7075-
T76 aluminum sheet and plate.

GAG cycles instead of maneuver cycles. The first defini-
tion is more-or-less standard for fatigue analysis; the sec-
ond has the advantage of counting each peak load once
and only once.

Material Properties

A comparison of the properties for three materials
which were considered for the study are given in Table 3.
A comparison of these tabulated values and the results of
prelminary design analysis indicated that the steel design
would be quite heavy; therefore, the design study was lim-
ited to Ti-6Al-4V and 7075-T76 aluminum.

The fracture toughness material properties used for the
analysis are given in Fig. 4. For the design of reinforced or
redundant structure the methods of analysis provide con-
servative predictions using the average Kc value. For the
design of monolithic structure, which does not have effec-
tive crack stoppers, more conservative B-valuesj| are used

10-1
10-2

10-3

10-4

10-5

10-6

10-7

10-8

10-9

Kc, Ksi \T'tn.

Fig. 5 Constant-amplitude crack growth properties of 7075-
T76 aluminum and Ti-6Al-4V.

since reliance is placed on finding the crack by periodic
inspections before the crack reaches catastrophic propor-
tions.

For crack growth prediction it must be possible to ob-
tain an expression for stress intensity K, which character-
izes the severity of local stresses and deformations at the
crack tip. The stress intensity under an applied nominal
load** Z is given by

K = Z'S*a (1)
where S is the ratio of nominal load to nominal stress, and
a is the "stress intensity coefficient" which accounts for
all configuration effects such as crack length and shape,
fastener holes, reinforcements, etc. Expressions for a ob-
tained by elasticity analysis of various configurations are
available in the literature.

In general two load magnitudes, a maximum, Zmax, and
a minimum, Zmin, are required to completely describe a
fatigue loading cycle. However, a single "effective load"
can be defined which describes the fatigue cycle suffi-
ciently to reflect its effect on crack growth. As suggested
in Ref. 2, two material constants, m and Rc (1 > m > 0;
Rc < 0), can be determined from crack growth experiments
at various Zmin/Zmax ratios, and effective load is then de-
fined by

~ MAX(Zm
1-m (2)

where the function MAXfoy,) takes the value of the larger
of its two arguments. If conditions of fracture mechanics
are applicable, the effective stress intensity (Ke = Ze • S •
a) determines the crack growth rate (da/dN) under con-
stant-amplitude cycling in a given material and environ-
ment. The Ke vs da/dN curves used in this study are
given in Fig. 5. These curves were developed from appli-
cable data for 7075-T6 and 7075-T76 aluminum and Ti-
6A1-4V and Ti-8Al-lMo-lV titanium.

The fatigue and other properties used in the analysis
are given in Ref. 1.

Baseline Designs

Static

1 MIL-Handbook 5 designation. There is 95% confidence that
90% of the property values will exceed the B property values.

The baseline designs were developed to meet static
strength requirements and then resized to meet the fa-
tigue requirements. The wing designs were analyzed at
wing stations spaced at 35-in. intervals from wing root to
wing tip. The wing upper surfaces for the skin-stif-
fened concepts were initially optimized for compression
using Emero and Spundt wide column techniques.3 The
unstiffened skin concept was designed so that the upper
surface was nonbuckling under compression at limit load.
Sizes of basic dimensions for the lower surface of the

**In the present case Z denotes vertical load factor.
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Table 4 Structural sizing and stresses to meet fatigue and
static requirements for lower wing surface at wing root

station

DESIGN
CONCEPT

INTEGRALLY'

SKIN

ZEE
STIFFENERS

4.0 IN
ON CENTER

UNSTIFFENEO
SKIN

MATERIAL

7075-T76 •

TJ-6AL-4V

7075-T76

T1-6AL-4V

7075-T76

TJ-6AL-4V

DIMENSIONS

SKIN
IN.

.15

.08

.24

.10

.30

.22

h
IN.

2.0

1.5

1.5

1.25

_

~

STIFF
IN.

.28

.24

.20

.10

_

~

b
IN.

2.0

2.0

1.2

1.0

_

~

SPAR
CAP
AREA
IN. 2

_

-

-

-

1.5

1.5

SPAR
SPACING

"

58.5

58.5

58.5

58.5

11.7

11.7

STRESS FOR
ULTIMATE

DESIGN
LOADS

PSI

44,500

71,000

44,500

92,000

44.500

52.400

INTEGRALLY STIFFENED
CROSS SECT! ON

100

90

80

70

60

50

40

30

20

10

Ti 6AL-4V, K=5.0

. FATIGUE DESIGN I
STRESS FOR
16.000 HOURS I

2 x 103 10* 105

DESIGN FATIGUE LIFE FLIGHT HOURS

106

ZEE STIFFENED CROSS SECTION
Fig. 6 Fatigue design stresses for Ti-6Al-4V and 7075-T76

aluminum structure.

present design were taken to be roughly proportional to
the corresponding dimensions of the lower surfaces of com-
parably-loaded wings from previous designs. These previ-
ous designs had been sized to meet static allowable tension
stress requirements. The proportionality factor was simply
the ratio of the upper surface sizes of the previous and
present designs.

Fatigue

Fatigue analysis was performed using the Palmgren-
Miner cumulative damage rule, i.e., D = I, n/N. The load
spectra given in Fig. 2 and the relation between load and
stress were used to define the fatigue stress spectra. For
preliminary design, various stress/load ratios are assumed
so that the relation between design stress and fatigue life
can be obtained. The fatigue stress spectra and fatigue al-
lowables, in the form of constant-life diagrams, are the
input data required for the fatigue analysis.

The constant life diagrams used for the analysis were
developed from S-N data in the literature for a Kt value
considered appropriate for aluminum and titanium struc-
ture. Correlations between fatigue analysis and compo-
nent fatigue test results indicates that aluminum struc-
tures designed to a fatigue quality index of 4 have a high
probability of meeting or exceeding the fatigue test re-
quirements. The fatigue quality index is the Kt value of
the S-N data that makes 2 n/N^l for the test failures
analyzed. The fatigue properties of titanium material are
generally affected more by fabrication and processing than
aluminum materials are and, therefore, a fatigue quality
index of 5 was selected. Fatigue tests conducted on titani-
um structure in connection with the SST program indi-
cates a fatigue quality level of 5 can be achieved.

The results of the fatigue analysis are plotted in Fig. 6.
The selected fatigue allowable design stresses reflect the
use of a design life of 16,000 hr (4000 hr X 4). The ulti-
mate design stress of 44,500 psi for aluminum is consistent
with allowable stresses achieved on current fighter/attack
type aircraft. The ultimate design stress of 98,000 psi for
titanium structure is above the stresses achieved from
static design considerations and, therefore, no resizing was
necessary for the titanium structural concepts.

The structural sizing and stresses for the various design
concepts are summarized in Table 4 at the wing root sta-
tion. To illustrate the design procedure and results of the
analysis only the data at the wing root station are pre-
sented. However, in estimating the wing weights the
structural sizing over the full wing span was considered.

Design Against Fatigue Crack Growth

Crack Growth Analysis

Fatigue crack growth analyses were conducted to estab-
lish ultimate design tension stress allowables to meet the
durability requirement and the structural integrity re-
quirements for the noninspectable and NDI inspectable
cases.

The process of predicting crack growth under variable-
amplitude loading can be divided into two steps. Step 1 is
to generate the variable-amplitude crack growth rate
curve for a particular material, environment and sequence
of loading events. This is a plot of crack growth per flight-
hour vs the product S • a [see Eq. (1)]. This step may
be bypassed; however, the computational effort saved by
this step is enormous. Step 2 is to integrate this curve be-
tween an initial and final crack length for each specific
configuration and design stress level under consideration.

To calculate crack growth due to a load cycle in a spec-
trum, the simplest procedure is to assume that the crack
growth rate is the same as for constant-amplitude loading.
This assumption tends to be conservative, since crack
growth under spectrum loading tends to be slower due to
the crack-retardation effects of occasional large cyclic
stresses. Let the loading spectrum consist of k discrete ef-
fective load levels Zei occurring an average of HI times
per flight-hour, where i = 1, 2, . .. k. For a particular
value of the product S • a, the growth increment due to a
cycle at the ith level is (da/dN)i as determined from Fig.
5 for an effective stress intensity of

Ke =Ze - S - a (3)

and the average growth per flight-hour is

da—
dF

.da. -i\ — ) \dN i (4)

By performing this calculation at three selected values of
the product S • a and curve-fitting on a log-log basis, the
spectrum crack growth rate curve is obtained.

Once the spectrum rate curve has been calculated, the
loading spectrum need not be considered further. All re-
quired predictions for various crack geometries and vari-
ous values of S are obtained by numerical integration of
this curve. The prescribed configuration of the structure,
initial crack geometry, and crack path determine the rela-
tionship between crack length and a needed for this cal-
culation. The above approach is explained in detail in
Ref.4.
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I. SEMI CIRCULAR PART
THRU CRACK/THRU-CRACK

II. DOUBLE CORNER CRACK
AT A HOLE

THRU THICKNESS CRACK
BETWEEN REINFORCEMENTS

'T7TT7M

Fig. 7

THRU-THICKNESS CRACK
AT A REINFORCEMENT

TYPE II CORNER CRACK
(INTEGRAL STIFFENER)

Elementary geometries for the crack propagation
analysis.

Crack growth calculations were conducted for the crack
configurations sketched in Fig. 7. The initial crack is
shown darkened, and the assumed growth is shown by the
striation-type lines. For Cases I through III the part-
through crack was assumed to maintain its circular shape
until a = t. When a > t the crack was assumed to grow as
a through-thickness crack of rectangular shape. For cracks
in the vicinity of reinforcements, Cases IV and V, the ef-
fect of the reinforcement was considered in calculating the
geometry factor a.

The load-stress conversion factor S at a particular loca-
tion in a particular design is given by

S = (f /Z ) (5)

where {ULT is the gross area tensile stress at the particular
structural location that would result from the application
of the ultimate design load factor ZULT- For the present
design study, ZULT — 11. A series of values of S were se-
lected for crack configurations so as to enclose the range
of all feasible designs.

The calculated results consisted of plots of crack size
versus flight-hours for the various configurations and
values of S. These results were considered against the
specified damage tolerance criteria to identify stress all-
owables.

Durability

The design stress allowables required to meet the dura-
bility requirement given in Table 2 are shown in Fig. 8.

INTEGRALLY
STIFFENED
SKIN

ZEE
STIFFENED -
SKIN

8000 HOUR
DESIGN
REQUIREMENT -

UNSTIFFENED
SKIN

103 4 x 10*

FLIGHT HOURS FROM2a =0.25 IN.TO FAILURE

The ultimate design tension stress must be limited to 57,
63.6, or 65.1 ksi in aluminum structure (depending upon
the design concept) and 72.2, 72.2, or 84.8 ksi in titanium
structure to prevent an initial flaw (2ao = 0.25 in.) locat-
ed anywhere in the skin from reaching a critical size in
8000 flight-hr.

Noninspectable Structure

The criterion for noninspectable structure applies to an
initial crack or flaw located at the most critical point in
the structure. The critical initial crack is a double corner
crack in the skin at the edges of a fastener hole at a rein-
forcement, Case II of Fig. 7. The reinforcement may be a
zee-stiffener or a spar, depending upon the type of con-
struction. Since integrally stiffened structure does not
have fastener holes along the reinforcements, a different
critical damage must be defined. Two possibilities have
been identified. One is a double corner crack at a fastener
hole at a skin splice, Case II of Fig. 7. The other is a crack
at the internal corner of the integral stiffener, Case III of
Fig. 7.

The path or growth sequence of these initial cracks
must be anticipated prior to calculation. Some time dur-
ing the growth process the skin crack located at the fas-
tener hole will cause a crack to initiate in the reinforce-
ment. The time when this will occur is unpredictable, yet
it will profoundly affect the crack propagation period that
is calculated. As a reasonable compromise of various al-
ternatives, the following crack growth sequence was as-
sumed for the zee-stiffened and multispar unstiffened
structure. The initial skin crack is assumed to grow as a
double corner crack (ao = 0.05 in.) until a = t. At this
point a double corner crack (ao = 0.05 in.) originates in
the stiffener and grows until a = (the thickness of the
stiff ener). At this point the stiffener breaks. Now the skin
crack, which remained stationary while the stiffener crack
was propagating, begins to grow again. Its growth is now
quite rapid, since the stress field is magnified by the bro-
ken stiffener.

For the integrally stiffened cases, there is no problem
with crack growth sequence because the structure is con-
tinuous. The corner crack is assumed to grow radially
until a = t, and then as a through-the-thickness crack.
Upon reaching the integral stiffener, it is as assumed (based
on Ref 5) that the crack grows up the stiffener at the same
rate as along the skin.

8000 HOUR DESIGN
REQUIREMENT
(COMPOSITE SPECTRUM

J__I

Fig. 8 Design stress allowables to meet the durability re-
quirement.

FLIGHT HOURS FROM ao = 0.050 IN. TO FAILURE

Fig. 9 Design stress allowables to meet the noninspectable
structural integrity requirement.
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Crack growth periods for the noninspectable structural
integrity requirements were calculated based on the above
assumptions. The calculations consisted of adding the
growth periods for all phases of the growth sequence. The
ultimate design tension stress allowables determined from
these calculations are given in Fig. 9. To meet the non-
inspectable requirement, the ultimate design tension
stresses must be limited to 58, 59.1 or 66.8 ksi for the
three classes of aluminum structure and 61.5, 75.0, or
84.2 ksi for titanium structure. The corner flow in the riser
was not as critical as a double corner flaw in one of the
fastener holes of the longitudinal skin splice.

NDI In-Service Inspectable Structure
The design criteria for this classification specify that an

initial crack located at the most critical point should not
grow to catastrophic failure in one inspection period. For
the zee-stiffened and 11-spar unstiffened structure, the
most critical location of the initial flaw is a through-the-
thickness crack at the edge of a fastener hole adjacent to a
broken zee-stiffener or spar. For integrally stiffened struc-
ture the most critical initial flaw is a through-thickness
crack under a partially broken integral stiffener.

The results of the calculations for the NDI in-service in-
spectable classification are summarized in Fig. 10. Except
for the integrally stiffened structure the initial crack size
was taken to be r plus (stiffener thickness), where r is the
radius of the fastener hole and equal to 0.125 in. A one-
inch crack was taken for the integrally stiffened skin
structure since this is more comparable to the other cases,
i.e., a crack having a total surface length of approximately
3 to 4 in.

The IRANI inspection interval is generally about 1000
flight hours for fighter/attack type aircraft, i.e., four in-
spection intervals per lifetime. To achieve this crack
growth period the design stress allowables would be limit-
ed to 26.7, 32.5, or 38 ksi for the three classes of aluminum
structure, and to 38.0, 50.5, or 56.2 ksi for titanium struc-
ture. Based on the assumptions made in this analysis, the
integrally stiffened structures in both aluminum and tita-
nium provide the highest design allowable stresses for
NDI in-service inspectable structure.

Design for Residual Strength
Residual strength analysis is required to size structure

to meet the criteria for walk-around inspectable damage.
Three types of residual strength analysis were performed.
For the unstiffened skin structure, it was assumed that
one plank out of ten is broken, with a broken spar cap lo-
cated in the middle of the broken plank. Thus no crack is
present, and the residual strength is determined by relat-
ing the stress redistribution due to the broken plank and
spar cap to the residual strength of the longitudinal skin
splice. For other types of structure the assumed damage is
a crack, and classical fracture mechanics can be used as
an analytical tool. The three methods of residual strength
analysis are discussed below.

Method 1. Skin Crack-Crack Tips Not in the Vicinity
of the Reinforcements: This damage case was analyzed for
the unstiffened skin structure using a single skin plank
the full width of the wing. For this damage case,the resid-
ual strength is solely determined by the fracture tough-
ness properties of the skin material. Therefore, the B-
basis Kc values, given in Fig. 4, were used in the analysis.
The residual strength is calculated simply by the fol-
lowing equation

F, = (ffc/(7Tfl)1/2) (6)

To determine the ultimate design tension stress allowables,

FLIGHT HOURS FROM a0 TO FAILURE

Fig. 10 Design stress allowables to meet the NDI in-service
inspectable structural integrity requirement.

the stress Fg obtained in Eq. (6) must be related to the
appropriate design load, i.e., the once-per-700-flight loads
as indicated in Table 2. For the severe specfrum this load
occurs once per 455 flight hours or 2.2 times/1000 flight
hours for the 34-minute flights. From Fig. 2, this load
level corresponds to a vertical load factor of 7.8 g which is
approximately 106% limit load. The ultimate design ten-
sion stress allowables were then obtained by multiplying
the Fg stresses from Eq. (6) by 150/106 = 1.415.

Method 2. Skin Crack-Crack Tip in the Vicinity of the
Reinforcements: For this damage case, the stress intensity
at the crack tip is reduced by the presence of the rein-
forcement. Therefore, a portion of the cut load is carried
by the reinforcements in the vicinity of the crack tips, and
the remaining portion by the skin material on either side
of the crack. The analysis procedure used for this case is
given in Ref. 1. Other residual strength procedures, such
as that of Vlieger,6 would have been equally appropriate.
The stress Fg determined from this analysis must be re-
lated to the once-per-700-flight design load as discussed
above, i.e., multiply Fg X 1.415 to obtain the ultimate de-
sign tension stress allowable.

Method 3. One Broken Plank: For the unstiffened
structure, the most critical location of the walkaround in-
spectable damage is centered over a spar cap. If planked
construction is utilized, the splice could be located either
at a spar cap or midway between spar caps. If the splice is
located at a spar cap, then the analysis discussed under 2
above would be utilized. For a splice midway between

Table 5 Design stress allowables to meet the walk-around
inspectable structural integrity requirement
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METHOD
OF

ANALYSIS

3

2

1

2

2

ULTIMATE DESIGN
TENSION STRESS PSI

ALUMINUM
STRUCTURE

49.300

37.400*

20.500

42.900*

41.600*

TITANIUM
STRUCTURE

> 68300*

113,000

58,400

102,000*

115,000*

t/nspection as .Required And Necessary.
* THESE DESIGN STRESSES WERE USED TO

CALCULATE THE LOWER SURFACE WING
WEIGHTS GIVEN IN TABLE 6.



142 EKVALL, BRUSSAT, LIU, AND CREAGER J. AIRCRAFT

Table 6 Summary of lower surface wing weights to meet various criteria

MATERIAL

ALUMINUM

TITANIUM

TYPE OF
STRUCTURE

ZEE-STIFF-
ENED SKIN

INTEGRALLY
STIFFENED
SKIN

UNSTIFF-
ENEDSKIN

ZEE-STIFF-
ENED SKIN

INTEGRALLY
STIFFENED
SKIN

UNSTIFF-
ENEDSKIN

LOWER WING SURFACE WEIGHT TO MEET VARIOUS DESIGN CRITERIA. LBS.

STATIC

1240

1375

1817

1338

1623*

2192*

FATIGUE

1564*

1564*

1830*

©

©

©

DURABILITY

1255

1325

©

1480*

1615

©

STRUCTURAL INTEGRITY REQUIREMENTS

NON-IN-
SPECTABLE

1310

1300

©

1665

1590

©

1000 HOUR
NOI IN-SERVICE IN-
SPECTION INTERVAL

2040

1775

2500

1955

1930

2770

WALK-AROUND
INSPECTABLE

1650

1610

2060

©

©

©

WEIGHTS THAT MEET ALL REQUIREMENTS

(T) WEIGHTS LESS THAN REQUIRED FOR STATIC STRENGTH

spars the effective width analysis presented on pp 192-198
of Ref. 7 is used. A design curve developed from test data is
used to determine the length required for a given joint de-
sign to transfer the load from the broken plank to the ad-
joining planks. Using this procedure, the fastener strength
and spacing is adjusted so as to provide a maximum re-
sidual strength consistent with good design practice. The
splice used for this analysis was one row of V4-in. diam
steel Hi-Loks with a shear strength of 4650 Ib for the alu-
minum structure, and two rows of the same fastener sys-
tem for the titanium structure. To obtain ultimate design
stress allowables, the design stresses determined from the
above analysis must also be related to the once-per-700-
flight load. Inclusion of the 10 percent factor (see Table 2)
gives an effective redistributed load in the adjacent panels
of [100 + 50 + 0.10(50)1/150 = 1.033. Therefore, for the
broken plank case, the ultimate design tension stresses
were obtained by multiplying the stresses determined
from the analysis by 1.50/(1.033 X 1.06) = 1.37.

The ultimate design tension stress allowables calculated
by the residual strength analysis are summarized in Table
5.

The design stress allowable for the multi-spar unstif-
fened skin structure depends on whether the skin surface
is planked or monolithic. If the structure is monolithic,
then the allowable stress is 20,500 psi for the aluminum
structure and 58,400 psi for the titanium. If the skins are
planked, so that the splices occur midway between spar
caps, then the design stress allowables could be increased
to 37,400 psi for the aluminum structure and 68,500 psi
for titanium structure, (the lower stress between cases a
and b in Table 5). For this type of damage, the zee-stif-
fened and integrally stiffened structure provide higher de-
sign stress allowables than the unstiffened skin structure.

Discussion

Environmental Effects

Environmental effects can work in conjunction with ei-
ther fatigue cycling or sustained tensile load to accelerate
the process of deterioration. The choice of baseline data
and the calculation procedure used for fatigue and crack
growth were affected by a consideration of environmental
influences on the fatigue process. The sustained-load ef-
fects of environment had to be considered separately.

For the present case a load factor of approximately +1.0
is sustained during flight. No sustained-load crack growth
will occur provided the threshold for stress-corrosion
cracking, KISCC, exceeds the sustained stress intensity.

Since in both materials Kiscc/Kc exceeds the ratio of the
sustained load to the once-per-700-flight load, no sus-
tained-load crack growth is expected.

Evaluation

Lower-wing-surface weights were recalculated so as to
individually meet each allowable-stress requirement
throughout the span of the wing. Results are given in
Table 6.

The minimum weight lower surface that meets all the
design criteria is the titanium zee-stiffened skin structure
at 1480 Ib. It is interesting to note that this exactly meets
the target weight given in Table 1 which was established
before the analysis was performed. The weight of the tita-
nium zee-stiffened structure had to be increased 10.6% to
meet the durability requirement, but it is still 6.4% light-
er than the next lightest structure. All the structures can
meet one of the three structural integrity requirements
without an additional weight penalty. The multispar un-
stiffened skin structure is not weight competitive with ei-
ther the zee-stiffened skin or the integrally stiffened skin
for this application.

With regard to the three alternative structural integrity
requirements, the aluminum structures met the require-
ment for noninspectable damage whereas the titanium
structures met the requirement for walkaround inspecta-
ble damage. None of the structures could meet the re-
quirement for NDI in-service inspectable damage for 1000
hr inspection intervals, without a large weight penalty.
For this criterion to be weight competitive with the other
structural integrity requirements, in-service inspections
have to be able to detect crack sizes considerably smaller
than 3 to 4 in. in length with a high degree of confi-
dence.

It should be emphasized that the results of this sample
problem are highly dependent on a number of assump-
tions and methods of analysis. No testing was done in con-
nection with this study. Therefore the summary presented
in Table 6 is by no means a general evaluation of types of
structure for fighter/attack aircraft wings.

Conclusions

An application study was performed which consisted of
designing the lower wing surface of a fighter/attack air-
craft to meet example damage tolerance design criteria.
Design stress allowables and structural weights were es-
tablished for three design concepts for each of two materi-
als. Available analysis methodology was utilized to size
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the structure to meet the example criteria. It has been
demonstrated that existing methodology is sufficient to
permit damage tolerance criteria to be formally consid-
ered in the design of primary aircraft structure. The re-
sults of the application study indicate that by proper
choice of material and design concept, aircraft structure
can be designed to meet damage tolerance criteria with
little or no weight penalty.
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Gradient Optimization of Structural Weight
for Specified Flutter Speed

E. E. Simodynes*
General Dynamics, Fort Worth, Texas

A method for optimizing structures to satisfy flutter requirements is presented. The specific algo-
rithm employs a gradient of total weight with respect to variable structural parameters as the spec-
ified flutter speed remains constant. Equations are derived for direct calculation of the gradient. In
applications thus far, the method has been efficient in reducing structural weight while retaining
flutter speed without frequent recalculation of normal modes of vibration. An all-movable horizon-
tal tail application is cited in which the skin alone and then the entire structure is resized. Applica-
tions using 2 and 6 modes of vibration are also compared.

Introduction

A USABLE flutter optimization method requires a formu-
lation that integrates the contributing analysis dis-
ciplines so that the redesign objectives may be attained
efficiently and accurately. To accomplish these aims the
structural model, the coordinate system, the dynamic rep-
resentation, the design variables, and the optimization
method must be compatible.

The appearance of publications concerned with dynam-
ic optimization of structures indicates an increasing inter-
est in this topic. Turner1 approached the flutter problem
with a method that proportioned structural members so
that a specified vibration frequency assumed a given
value. The structure attained its required eigenvalues
with minimum mass. Other researchers2'6 have investi-
gated various optimization problems concerned with natu-
ral frequencies of structures.

Turner7 developed a more realistic flutter optimization
technique by incorporating aerodynamic forces and the
flutter equations into the formulation. Lagrange extremi-
zation was used for seeking the configuration of minimum
mass. Other researchers8'9 developed computerized pre-
liminary design programs for considering flutter and also
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other requirements such as strength and performance. Ru-
disill and Bhatia10 developed search procedures using gra-
dient methods. The method was applied to the design of a
box beam for a rectangular lifting surface.

In general, resizing a structural component alters the
flutter speed and also changes structural "optimality" or
efficiency in utilizing structural weight for preventing
flutter. The optimization method presented here calcu-
lates the gradient of total weight with respect to the vari-
able structural components as the flutter speed remains
fixed. It is anticipated that this weight gradient algorithm
will be especially convenient when used iteratatively with
a method for increasing flutter speed such as the velocity
gradient of Ref. 10.

Derivation
With normal mode deflections used as generalized coor-

dinates, the associated unsteady aerodynamic forces [Q]
may be calculated with an appropriate aerodynamic theo-
ry. The flutter characteristics of the structure are then
specified by the following neutral stability equation.

- co2 [M]-co2 [<?]){<?} = (D

Matrix [K] is the generalized stiffness, [M] is the general-
ized inertia, a; is the flutter frequency, and \q\ is the com-
plex generalized coordinate vector.

The generalized stiffness and inertia terms are ex-
pressed in linear form as

(2)
.7 = 1


